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AN EXPERIMENTAL INVESTIGATION OF REDUCTION IN TRANSONIC
DRAG RISE AT ZERO LIFT BY THEE ADDITION OF VOLUME TO
TEE FUSELAGE OF A WING-BODY-TATI. CONFIGURATION
AND A COMPARISON WITH THEORY

By George E. Holdawsay
SUMMARY

An experimental investigation was made by the free-fall recoverable-
model technique to assess at zero 1ift the possibllities of reducing the
drag-rise coefficients of & wing-body-cruciform-tell comblnation by adding
volume to the fuselage. The basic features of the test model were an
unswept aspect-ratio-3.1 thin wing, a fineness-ratlio-12.k fuselsge, &nd
four 45° sweptback tall surfaces. The tests covered a Mach number range
of 0.84 to 1.15 with Reynolds numbers of 6,000,000 to 14,000,000, based on
the wing mean serodynamic chord.

Considerable reduction in drag-rise coefficient was effected for
several different modificetions by the addition of properly distributed
volume to the fuselage. In one instance, a reduction in drag coefficient
was obtained by adding & volume which was almost four times the exposed
wing volume. The computation method presented in NACA RM A53HLT generally
predicted the supersonic drag-rise coeffilcients for each modification
within 20 percent of the experimental velues. As in the @bove-mentioned
report, the predictions at a Mach number of one were not accurate. The
changes in drag-rise coefficients resulting from the modifications were

generally predicted with better accuracy than the values of drag-rise
coefficients.

INTRODUCTION

During the past year, fuselage indentations of the "area-rule" type
have successfully reduced the transonic zero-l1ift drag-rise coefficlents
of numerous wing-fuselage combinations. A summary of the earlier results
is presented in reference l. In some cases, where minimum diemeters are
controlled by the engine or other components, fuselage indentation is not
feasible. Also, for existing aircraft, indentation may be impractical,
if not impossible. These facts led to the concept of increasing the
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fuselage volume In proper regions to produce drag reductions comparsgble
to those obtained by indentation. An indication that thile concept would
be feaslble was obtained independently by an experiment reported in
reference 1 and by an analysis presented in reference 2. The results of
reference 1 included a case where the drag-rise coefficlent of an air-
plane model was significantly reduced by lengthening the fuselage and by
adding volume to lmprove the area distribution of the rearward portion
of the model; a further reduction was obtained by filling a dip in the
area distribution for the forward portion of the model.

The procedure followed iIn the analytical approach was to use the
calculation method of reference 2, which is based on the theory of
reference 3, to determine if reductions of drag-rise coefficients are
possible with addition of volume to the fuselage, and to determine what
modifications would indicate sufficient gains to warrant experimental
investigation. The configuratlon studled was an aspect-ratio-3.1 unswept
wing on a fineness-ratio-12.k4 fuselage with a cruciform tail. The more
promising modificaetions to the fuselage were those designed for minimum
drag for the configuration at Mach numbers 1.00, 1.05, and 1.1k4k. This
analysis, presented in reference 2, indicated that addition of volume to
the fuselage would result In substantisl reduction in drag-rise coeffi-
cients, even at supersonic speeds for the M=1.05 and M=1.1l4 modifications.

The Investigation of this report was undertaken to provide experi-
mental data for comparison with the predictions presented in reference 2.
The experimental results would provide additional dats for a quantitative
assessment of the computation method, and would indicaete the degree to
which the reductions in wave-drag coefficlents indicated by theory could
be achieved as measured reductlons in drag-rise coefficients.

The tests were made by the Ames Aercnautical Laboratory at the
facllities of the Edwards Air Force Base using the free-fall recoverable-
model technique. The models tested were of large scale resulting in
Reynolds numbers of 6,000,000 to 1k,000,000, based on the wing mean
aerodynemic chord, for the test Mach number range of M=0.8hF to M=1.15.

SYMBOLS

drag at zero lift

Cpg zero-lift drag coefficient,

a5y
Op ! zero-lift wave-drag coefficient, theoretical wave drag at zero 1lift
o aSy
£LDg
ACDO zero-1ift drag-rise coefficient, EE;

c local chord measured parallel to plane of symmetry

a
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Cw mean aerodynamic chord of the total wing
&Dg zero~1lift drag rise sbove subsonic, drag level
H total pressure in the boundary layer

free-stream total pressure

M free-stream Mach number

q free-stream dynamlc pressure

R Reynolds number based on <cy

S projection of Sg on a plane perpendicular to x &axis

Sg cross-sectional areas formed by cutting the configurations with
planes perpendiculer or oblique to the x axis

Sy total wing area

u veloclty at the edge of boundery layer

u veloclty in the boundary layer

X Cartesian coordinate as conventional body axis

y distance measured normal to the fuselage surface

boundary-layer displacement thickness
MODELS

The dimensions of the unmodified model are given in figure 1, and
the radii of the fineness-ratio-12.4 fuselage are listed in table I.
Additional details of the 45° sweptback tall surfaces are given in
reference 2. The wing used in the investligation was unswept with an
aspect ratio of 3.1, a taper ratio of 0.39, and a total plan-form area
of 21.68 square feet. The wing section was elliptical from O to 0.5 of
the local chord and biconvex from 0.5 chord to the trailing edge. The
meximum wing thickness~-to-chord ratio was 3 percent. The wing had no
twist, dihedral, or incidence, and was of golid aluminum alloy construc-
tion. The fuselage radii defined in figure 1 are for a minimum-drag body
of revolution for given volume and length (Sears-Haack body), but behind
fuselsge station 139.k the theoretical radii and fuselage length were
extended as dictated by the space required for the recovery mechanism.

- Y
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The fuselage radli for the three modifications designed to provide
minimum wave-drag coefficients for Mach numbers 1.00, 1.05, and 1.1% are
presented in teble I. The axisl distributions of cross-sectional area -
normal to the longltudinal axis for the basic model and for the three
modifications are presented in figure 2. The model modified for M=1.00
is shown in figure 3 to illustrete the comparative size of the model and
the fact that the changes in radil are quite gradual even though the vol-
ume added is large. All cross sections were maintained circular as in the
original configuration. Although the general design procedure was pre-
sented 1n reference 2, more detailed comments are included in this report
describing the specific modifications.

Modification 1, for M=1.00

Volume was added to the fuselage to alter the normsl cross-sectionsl
area distribution of the original configuration to that for a Sears-Haack
body with the same maximum cross-sectional area (fig. 4{a)). In this
case, the values of projected cross-sectionsl area S8 are, of course, ~
identical with the values of cross-sectional area Sg formed by perpen-
dicular cutting planes.

The type of body shape used for the modification was the same ss that
for the original fuselage (Sears-Haack body; l.e., minilmum-drag body of
revolution for given length and volume), so that the investigation would
not be affected by an additional varlable. The. equation for the body
radii (fig. 1) differed only in that the maximum radlus was lncreased. An
additional asdvantage of the body shape used was that the ends of this type
of Sears-Haack body are lees slender than some other minimum drag shapes
and would more effectively falr in the bulges in the area-distribution
curve due to the tall. Modifications were not made behind fuselage sta-
tion 165 because fuselage Iindentation would be involved and this was not
practical because this section contained the recovery mechanism.

The volume added to the fuselage was 3.63 cubic feet or almost four
times the exposed wing volume of 0.92 cublc feet.

Modifications 2 and 3, for M=1.05 and M=1.1lh

The design procedure was similar to that used for modification 1, in
that volume was added to an area-distribution curve to provide a similer
Sears~Haack shape; however, the procedure differed with respect to the
type of area-distribution curves used to determine the modification. s

The aree-distribution curves used were average curves based on average o
projected values of Sg obtained with cutting planes tangent to the design *
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Mach cones. The theory upon which this method 1s based 1s discussed in
reference 3. The resultant average area-distributlion curves for the
design Maech numbers are shown in parts (b) and (c) of figure 4, with the
. volume added for each modification.

The volume added to the fuselage was approximately three times the
exposed wing volume for the M=1.05 modification, and twilce that volume
for the 1.1k modification.

It should be noted that the average asrea-distribution curves were
used only in determining the modifications and were not used in computing
the drag. The individual curves prior to averaging were used to predict
the wave-drag coefficients.

INSTRUMENTATION

Drag measurements were made with two sensitive NACA recording accel-
erometers which are accurate to #0.0025 g, producing an expected instrument
accuracy of Cp = 20.0004 at M=1.00 and Cp = #0.0002 at M=1.1k. Acceler-
ometer 1 was located slightly above, and accelerometer 2 slightly below,
the model center of gravity.

Pressure measurements were made with a six-cell recording manometer
which was accurate within #0.05 inch of mercury for pressure readings near
zero, and was accurate within 2 percent of the full-scale value of 15
inches of mercury. Mach number was cbtalned from a calibrated alrspeed
head and wes considered to be accurate within M=30.0l. A four~tube pitot-
pressure rake (fig. 5) was located at fuselage statlon 100 to measure the
boundary-layer profile. Tube openings were located sbout 0.1, 0.3, 0.6,
and 0.9 inch from the fuselage surface. For two of the tests, base pres-
sures were determined by manifolding orifices located using an area-
weighted basis as shown in figure 6.

All records teken within the model were synchronized by means of a
1/10-second chronometric timer.

TESTS

The models were released from a carrier airplane at an altitude of
40,000 feet and allowed to fall freely without propulsion. All surfaces
were trimmed for zero 1ift and recovery was initilsted at a safe altitude.
The first two flights were tests of modifications 1 and 2 which were
designed for M=1.00 and M=1.05, respectively. The third flight was a
test of the modification for M=1.05 with the tail fairing behind fuselage
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station 190-5/8 cut off to form a flat base. This latter test was made

to provide data for correlation with possible wind~-tunnel tests, and the
basge presgsure was measured with four pressure orifices manifolded together
and located near the center of the base as shown in figure 6(a).

The last flight was a test of modification 3 for M=l.1%. For this
flight, an effort was made to obtain an indicatlon of the pressure drag of
the taill falring which also would be of interest in obtaining approximate
forebody drag for comperison with possible wlnd-tunnel tests. Seven ori-
fices were located as shown in figure 6(b) to represent equal portions of
projected area for a base diasmeter of 10-1/8 inches. These orifices were
manifolded together by a large diameter tube (7/8-1nch inside diameter).

The Reynolds number variatlion with Mach number for the series of tests
is given in figure 7.

RESULTS

The experimental results for the three test configurations with tail
fairing are presented in figure 8. Included in this figure are the theo-
retical curves of wave~drag coefflcients obtained from reference 2. The
experimental values of subsonlic drag coefficlents were used to establish
the datum above which the theoretical wave-drag coefflcients were plotted.
Comparing the experimental and theoretical drag coefficients in this man-
ner is egulvalent to assuming that the level of friction~drag coefficlient
is constant for each modification over the test range of Mach numbers and
Reynolds numbers. Thig assumption was considered to be Justified because
a cursory check by availilable theorles indicated that the variation of
friction~-drag coefficlent would be of the same order of magnitude as the
accuracy of the experimental total-drag coefficlents. The assumption was
further justified for the purpose of comparing modifications, since the
variation of friction-drag coefficient would be similar for each modifica-
tion. The tall-falring drag, presented in figure 8(c), was calculated
using the manifold pressure from the seven pressure orifices which were
located on an areas weighted basis. The experimental results for the modi-
fication for M=1.05 with the blunt tall are presented in figure 9. Faired
curves of the experimental data for the three modifications are presented
in figure 10. Also included in this figure are the experimental data from
reference 2 for the unmodified configuration.

The theoreticel results for the three modificatlons and the original
model, obtained from reference 2, are repeated in figure 11 for convenilence
in msking comperisons.

Total-pressure distributions in the boundary layer at fuselage station
100 are presented in figure 12, for the three modifications. The boundary-
leyer displacement thickness, 5, for each modification was estimated from

this figure. :
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DISCUSSION

A comparison was made between the experimental drag-rise coefficients
and predicted wave-drag coefficients computed by the method of reference 2.
The results of this comparison at four Mach numbers are tabulated in
table IT and plotted in figure 13. The supersonic drag-rise ccefficients
from M=1.02 to 1.1l were generally predicted within 20 percent of the
experimental values. The experimental drag-rise coefficlents at these
supersonic speeds were generally higher than predicted, but this relation-
ship might vary for configurations other than those tested. At supersonic
speeds the maximum deviation of theory from experiment was 23.7 percent for
the unmodified configuration (teble IT). The test data for this latter
caese were taken from reference 2 and are not quite as accurate as the test
data for the three modifications. At a Mach number of one the experimental
values were always less then the computed values and were poorly predicted
for all but the M=1.00 modificetion.

Of prime interest in this investigation was an evalustion of the
effectiveness of the modifications to reduce the drag-rise coefficients by
adding volume. As shown in figure 10, all the modificatlions resulted in
reductions in drag coefficient over the Mach number range of the tests
despite the fact that they represent additions of volume from two to four
times the volume of the exposed wing. Thls result was in accordance with
the computed results for all cases except for the M=1.00 modification.
For the M=1.00 modification, & crossover of the drag-coefficlent curve
with that for the unmodified case was expected at M=1.05 {see fig. 11},
but the experimental data indicated that the crossover would not ogccur
until a Mach number of gbout 1l.1l3, slightly beyond the test range. This
was traceable to the fact that the drag-coefficient rise for the unmodified
configuration was larger than predicted and the drag-coefficient rise for
the M=1.00 modification, above M=1.10, was less than predicted.

The relative order of drag-coefficient rise for each modification was
in accordance with the computed results except for the fact that at a Mach
number of one the M=1.05 modification, even with the cut-off fuselage, had
a lower drag coefficient than the M=1.00 modification (which should have
the minimum drag coefficient at this Mach number, &s indicated by the com-
puted results presented in Ffigure 11)}). This result is attributed to the
tendency, previously noted in connection with figure 13, for the computed
values to be least accurate et M=1.00. It would be of interest to study
this phenomenon by tests of other wing configurstions with a fuselage modi-
fication for M=1.05.

The quantitative comparison between the computed and experimental
improvement in drag-rise coefficlents effected by the several modifications
to the original configuration 1s presented in tgble III and summarized in
figure 14. The differences between modifications 2 and 3 are included to
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illustrate the possibility of experimentally realizing, to a degree, small
changes in computed benefits. The results show that the computations
tended to underestimate the benefits due to the modifications by values of
drag coefficlient from 0.001 to 0.002, with few exceptions. ZEven at a Mach
number of one, the accuracies (in increments of drag coefficient) with
which the differences between configurations were estimated tended to be
better thaen the accuracies with which the drag coefficients of the indi-
vidual configurations were estimated.

Prior to making the tests, 1t was anticipated that & separation of
the boundary layer might be caused by the local pressure gradients on the
body introduced by body shaping; this would introduce drag changes not
accounted for by the theory. The boundary-layer measurements showed no
indication of separation even for the M=1.00 modification (which was the
most severe change) as indicated by the typical boundary-layer velocity
ratios presented in figure 15. All the profiles obtalned indicated that
the boundary layer was turbulent at fuselage station 100 where the measure=
ments were obtained. This 1s apparent from the agreement between the date
points and the theoretlcal curve for turbulent flow.

SUMMARY OF RESULTS

This 1investigation, utillzing tests of free-fall models at transonic
speeds to assess at zero 1lift the possibilities of reducing the drag-rise
coefficients of en unswept wing-body-tall combination by adding volume to
the fuselage, has produced the following results:

1. Considerable reduction in drag~rise coefficlient was effected by
the addition of properly distributed volume to the fuselage. In one
instance, a reduction in drag coefficlent was obtained by adding a volume
which was almost four times the exposed wing volume.

2., The computation method presented in NACA RM A53H17 generally pre-
dicted the supersonic drag-rise coefficients for each modification within
20 percent of the experimental values. As in the above-mentioned report,
the predictions at a Mach number of one were not accurate..

3. The changes in drag-rise coefficient resulting from the modifica-
tions were generally predicted with better accuracy than the values of
drag-rise coefficients.

Ames Aeronsutical Lsboratory
National Advisory Committee for Aeronautics
Moffett Field, Calif., June 22, 1954
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TABLE I.- FUSELAGE ORDINATES OF TEST MODELS
Fuselage Fuselage radii
station |Unmodified Modification ljModification 2|{Modification 3
for M=1,00 for M=1.05 for M=1.1k
o] 1.19 1.19 1.19 1.19
2 1.36 1.36 1.36 1.36
4 1.57 1.57 1.57 1.57
5 1.70 1.70 1.70 1.70
7.5 2.0k 2.25 2.18 2.12
10 2.1 2.78 2.70 2.64
20 3.89 4,48 4.36 4. 26
30 5.07 5.82 5.67 5.55
7o) 6.01 6.91 6.Th 6.59
50 6.78 7.80 7.60 T.43
60 7.40 8.h9 8.28 8.10
70 7.86 9.0k 8.81 8.58
8o 8.20 9.42 9.05 8.65
85 8.32 9.33 8.83 8.56
90 8.h1 8.99 8.62 8.48
95 8.47 8.61 8.53 8.47
102 8.50 8.50 8.50 8.50
105 8.49 8.58 8.51 8.51
110 8.46 8.95 8.65 8.57
115 8.40 9.36 8.92 8.66
120 8.30 9.52 9.11 8.73
130 8.02 9.21 8.98 8.72
1ko 7.23 8.73 8.51 8.32
150 7.10 7.85 7.64 7.50
158 ——— ———— —— 6.68
160 6.60 6.67 6.70 6.60
165 6.34
189.6 5.10 For fuselage stations 165 to 210.5 the
195.6 k.50 body radil were the sesme as the
201.6 3.20 ummodified fuselage.
20k.6 2.30
210.5 0

Note: All dimensions are in inches. Nose-boom diameter, 1.50 inches.




TABLE II.- ZERO-LIFT DRAG-RISE COEFFICIENTS, ACy

)

Modification Computation or test M=1.00 | M=1.02 | M=1.05 | M=1.1llk
Theory, Cp,' 0.0244 0.0181| 0.0164 0.0145
Test, ACD, -0180{ .0195f{ .0195| .0190
Urmodified | Theory - Test L0064 -.0014| -.0031} ~.0045
The“ge;t““ X 100, percentd 35.5 |-7.4 [-15.9 |-23.7
Theory, Cp,’ 0115 .0135| .0162|  .022h4
Modification 1fTest, Alp, .00gkt .oLkk|  .0158] P.o20k
(tor M=1.00) |Theory - Test .0021) ~.0009| .000W{  .0020
Theory = Test
I;;Bt X 100, percent 22,3 |-6.3 2.5 9.8
Theory, Cp,’ .0137] .0L15] .0115] .0137
Test, AC .0048[ .0119] .0136]  .OLTM
Modificeti ? “Do
(for ;‘;1_8;)2 Theory - Test .0089| -.o004| -.0021] -.0037
Theory - Test . 100, pereent [85.4  [-3.4 [-15.% |-21.3
Test
Theory, Cp,' L0184 .0139f .0127] .0123
t 0114  .0131 0L 0151
Modifieation 3| o002 Do 3 -
(for Mw1.14) gk};:ory - g:az 0068 .0008| .oo12f  .0028
¥ -2 100, percent | 56.7 6.1 ~8.6 =18.5
Teat
Instrument accurecy for teats of
modifications +.000 ~an- — +.0002
BTndication of dlsagreement between theory and experimentation.

PBetimated from extension of experimental data from M=},126.

:
:
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TABLE III.~ IMPROVEMENT IN ZERO~LIFT DRAG~-RISE COEFFICIENT
EFFECTED BY THE SEVERAL MODIWICATTONS

Modiflicatlon Compared Computation or Test|M=1,00|M=1.02|M=1.05] M=1.14

Ummodified - Modification 1|TREOTYs A(Cp,t) 0.0129] 0.0046| 0.0002{ -0.0079

mmod (for M=1.00) Test, /_\.(ACDO? .0086f .0051| ,0037| ~.000%

: Theory - Test .0043} -, 0005 ~.0035| -.0065

Theory, A(CDO') .0107} .0066] .00L9] .0008

Unmodified -~ Modification 2 Test, A(m ) L0132 _0076 .0059 .0016
(for M=1.05) Do

) Theory - Test, -,0025} -.0010| -.0010{ ~.0008

Theory, A(Cpy') .0060] .o0h2] .0037| .0023

Um"diff(‘ggr"ﬁfﬁiﬁcati"n 3|Test, alacp,) .0064{ .0064| .0056] .0039

: Theory - Test ~.000k] -.0022| -,0019] -.0016

Th AlCp.! -.00k7] -.0024 | ~.0012] .00

Modification 2 - eory, ACpy') 062 2

Modifieation 3 Test, A(ACp,) ~.0068|-.0012|~,0003| .0023

Theory - Test .0021| ~.0012] ~-.0009} ~.0008

Instrument accuracy for tests of modifications [+.0004} --~= | =m== | +.0002

3
=
z
&
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Figure 1l.- Dimenslons of the unmodified model.
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(a) Modification 1, for M=1.00.

Figure 4.- Volume added to the fuselage for the varlous modifications,

91

:
:
g




Projected area 8, sgq in.

480

400

320

2Lko

160

80

/—~Sears—Ha.ack body, modification 2
Volume added-
M=1,05 average area distrlbution
[~ for original conflguration N
20 4o 60 80 100 120 140 160 180 200 220
Fuselage atation, in. %

(b) Modification 2, for M=1.05.
Flgure 4.- Continued.
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Figure U4.- Concluded.
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Figure 5.- Four ~tube pitot-pressure pake located at fuselage gtation 100.
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Flgure 7.- Reynolds number varilatlon with Mach number for the tests of the

modified configurations.

t
&
2
&
g




.04
o] E0Fy ) /4,//"‘
gi -E;Test ,» ref, =g 0

accel, 1 Pg} O -G
- DTest: accel. 2 T B
ﬁ .03
Q
]
[4]
o
“
[ 2]
§ 02 (fD
0 X
5 o AR
OO O O eRH =
. g i
Gy
w|
'_l' 101
0
g
D
N .
T e
] .
0
.84 .88 .92 .96 1.00 1.04 1.08 1.12 1.16

Mach number, M
(a) Modification 1, for M=1.00.

Figure 8.- Comparison of experimental zero-1i1ft drag coefficlents wlth the
theoretical wave-drag coefflclents from reference 2 added to the subsonilc
level of the experimental data.
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Figure 8.- Continued.
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Figure 8.- Concluded.
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Figure 10.- Comparison of the experlimental zerc-1ift drag coefflclents for the
various modifications with the unmodified configuration.
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Figure 12 - Total pressure distribution in the boundary layer measured at fuse-
lage station 100,
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